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Euler and Navier-Stokes Solutions for Supersonic Flow Around
A Complex Missile

Th. Streit*
Deutsche Forschungsanstalt fur Luft und Raumfahrt (DLR), D-38108 Braunschweig, Germany

The numerical solution of the Euler and Navier-Stokes system of equations and experimental data for
the supersonic flow around a complex missile configuration are compared. The Euler and Navier-Stokes
equations are solved with the DLR finite-volume method CEVCATS using multiblock mesh structure and
multigrid acceleration technique. The numerical solution of the flow equations for this missile with
eight fins has provided a flow with a rich vortex structure and manifold three-dimensional effects. The
aerodynamic coefficients for normal-force and pitching moment obtained with the Euler solution are in
good agreement with experimental values. Therefore, the position of the aerodynamic center is well-
predicted by the inviscid solution. However for the flow close to the surface a Navier-Stokes solution is
required to obtain agreement with the experimental results.

Nomenclature
Cmb = global pitching moment coefficient
Cp = pressure coefficient
Cxa — global drag coefficient
•C& = global normal-force coefficient
D = maximum diameter of missile body, in SI units
E = total energy, normalized by pL/ POO_
H = total enthalpy, normalized by p<x>/~p00
L = missile length, normalized by B
M = Mach number
Pr = Prandtl number
p = static pressure, normalized by /?«,
q = velocity vector, in units of Vpoo/pa,
Res = Reynolds number, 'p* qJD/~iLx
T = temperature, normalized by Too
u, v, w = Cartesian velocity components, normalized by

___

x, y, z = Cartesian coordinates, normalized by D, also
denoted as x\, x2, x3

a. = angle of attack
p = density, normalized by p*
7 = ratio of specific heats, 1.4
£, T|, £ = curvilinear coordinates
3>x = angle around longitudinal axis

Subscripts
a — aerodynamic system
b = body-fixed system
i, j, k — discretization index, in the £, r\, £ directions
inv = inviscid
/ = laminar
ref = reference
t = turbulent
tr = transition
vis = viscous
w = to denote quantities defined at solid wall

boundary
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oo = condition of freestream

Superscripts
Base = to denote quantities defined at the base
( ) = (overbar) used to denote dimesional quantities

Introduction

FOR complex missile configurations flying at supersonic
and hypersonic speeds one cannot rely completely on data

bases or preliminary design tools to predict aerodymanic coeffi-
cients and assure stability. In contrast to these methods, an
inviscid modeling has the advantage that the solution of the
Euler equations captures the characteristic nonlinear features
of supersonic flow around a missile.1"4 These features are: the
bow shock, vortices on the leeside of the missile body as well
as on the leeside of the fins, crossflow shocks, and interaction
of shocks. However a comparison with experimental values
shows discrepancies in the position of separation lines as well
as in the predicted strength for the vortices at the leeside of
the body.1'3 Nevertheless, inviscid flow computations with cross-
flow separation modeling1'4 lead to an improvement of the
results.

With a larger degree of body slenderness LID the boundary
layer becomes so important that without a viscous modeling
even lift and moment coefficients are not accurately predicted
for small incidence flow.5 Viscous calculations have been done
using parabolized Navier-Stokes and Navier-Stokes solvers.6'7

With the implementation of multigrid schemes into the DLR
multiple block code CEVCATS8 for supersonic and hypersonic
speeds, the code can now be used for viscous problems around
complex configurations at a reasonable computing cost. This
code is used to numerically obtain the solution of the Euler
and Navier-Stokes equations for a missile configuration with
eight fins at the rear assembly. At large incidence angle, the
resulting flow shows crossflow separations on the forebody and
fins with a rich vortex structure.

Experimental data is available from measurements in the
DLR Trisonic Wind Tunnel Cologne (TMK) wind tunnel. The
experimental data includes: global force and moment measure-
ments for Moo = 3.0 and 4.2 with I a I < 8.5 deg, pressure
distributions measured at two crossflow planes, and an oil flow
picture for Mx = 3.0 and a = 8.5 deg. This experimental data
is compared with the numerical results for the Euler and Navier-
Stokes equation.
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Governing Equations
The three-dimensional, mass-averaged Navier-Stokes equa-

tions for unsteady compressible flows may be written in integral
form using a Cartesian coordinate system as

J J J v dt
F - ndS

where

W = (p, pw, pv, pw, pE)T

(1)

(2)

is the vector of conserved quantities. V denotes an arbitrary
control volume fixed in time and space and dV i§ its closed
boundary with n being its outward facing normal. F represents
the tejisor of flux density, \vjiich is composed of an convective
part Fc and a viscous part Fv, i.e.,

F = Fc - Fv (3)

puq + pix

pvq + piy

pwq •+ pix

\ I \q'

0

l y - T

*z- T
T + k vr -

(4)

The velocity vector q is given by q = uix + viy + wiZt with i,,
iy, iz being the unit vectors of the Cartesian coordinate system
(also denoted ih i"2, 1*3). The contribution to the flux density
tensor due to the shear stress is expressed in dyadic form and
defined as

leeside. Due to a vortex the maximum of vorticity times the
distance from the wall is displaced from the boundary layer to
the vortex core. Not taking this into account leads to a incorrect
value for JJL,. To avoid this the modifications proposed by Degani
and Schiff10 are introduced in the algebraic turbulence model.

Solution Scheme
Spatial Discretization

The numerical approximation of Eq. (1) follows the method
of lines which decouples the discretization in space and time.
The physical domain around the aerodynamic body is divided
into hexahedral cells by the generation of a body-fitted grid.
The discrete values of the flow quantities are located at the
vertices of the mesh cells. For the flux calculation an auxiliary
grid is used which is defined by connecting the cell centers of
the original cell. The integral equation (1) is approximated by
the spatial discretization

(10)

where Vitj>k denotes the volume of the control volume sur-
rounding the grid node (i, y, k). The right-hand side of Eq. (10)
represents an approximation of the net flux of mass, momentum,
and energy. It is calculated as

where the flux through cell face
general as

~ (Qc)i+l/2J,k +

i + ¥2 can be written in

+ \l2j.k (Qv)ii+\/2j,k

T =
2 du,- -8y —-1

3 dxi (5)

with |JL being the dimensionless viscosity. The total enthalpy
H is given by

H = E + p/p (6)

The equation of state for an ideal gas is used to calculate the
pressure and temperature in terms of the dependant variables:

£- 2 '

The heat conductivity is given by

y - 1 Pr

(7)

(8)

For laminar flow JJL = JJL/ and the laminar viscosity JJL/ is calcu-
lated using Sutherlands empirical formula

_ x 3 / 2 _
T\ TOO+ 110

(9)

with Too, T in Kelvin.
Turbulence is taken into account through the introduction of

a turbulent viscosity JJL,. For turbulent flow JJL is then given by
JJL/ 4- |xr. In the present work, the turbulence model of Baldwin
and Lomax9 is used. At large incidence onflow the considered
configuration shows crossflow separation with vortices at the

The first two terms on the right-hand side of Eq. (12) correspond
to the approximation of the inviscid flux (convection and pres-
sure) and the third term corresponds to the viscous flux. For
the discretization of the viscous fluxes central differences are
computed using a local transformation from Cartesian coordi-
nates to the curvilinear coordinates.l' In this work viscous fluxes
are taken into account only in the coordinate direction normal
to the body surface (thin-layer approximation). The inviscid flux
is discretized with a symmetric approximation of the convective
flux represented by Qc. D denotes an operator described by an
antidiffusive flux function which adapts the central flux stencil
in accordance with local wave propagation theory to that of a
second-order accurate, upwind-biased scheme. The second-
order upwind scheme used here is based on the total variation
Diminishing (TVD) method of Yee and Harten.12 For a detailed
description of the discretization of the terms (Qc)i+\/2,j,k and
A-+i/2,y,* see Ref. 13). Here the modifications introduced for
viscous flow are discussed instead.

Yee and Harten's scheme makes use of an entropy function ̂
which prevents the scheme from violating the entropy condition
when the wave speeds vanish. The original functional form for
^ as given by Yee and Harten12 was redesigned, as was proposed
in Ref. 14, to allow viscous flow computations without numeri-
cal smearing of the shear layer. Furthermore, it allows the use
of mesh cells with high aspect ratios.

Time-Stepping Scheme for Hypersonic Flows
Explicit multistage time-stepping schemes are used for

advancing the solution in time. Choosing the number of stages
and the stage coefficients allows an optimization of the high-
frequency damping properties of the scheme at relatively high
Courant numbers. For this work a five-stage scheme with three
evaluations of numerical damping terms14 is used.
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Acceleration Techniques for Hypersonic Flows
Convergence rates of explicit time-stepping schemes used

for viscous flow computations are usually slow. The reason is
the limitation of the time step size by the small cells necessary
to resolve thin boundary layers. In addition the computation of
high-speed flow requires the implementation of several special
features to enhance robustness and to allow the use of accelera-
tion techniques for high-speed flows. A local time step is used
at each grid point to advance the solution at the maximum time
step allowed by stability considerations. The combined use
of a multigrid scheme and implicit residual smoothing with
optimized time-stepping coefficients leads to a accelerated
reduction of the residual for all its Fourier modes. In the present
study the Courant-Friedrichs-Lewy (CFL) number with residual
smoothing is CFL = 5, where the explicit stability limit of the
five-stage scheme is CFL = 2.4.

The interested reader can find a detailed description for the
mentioned acceleration techniques, especialy concerning the
introduced modification for viscous hypersonic flow in Refs.
14 and 15.

Boundary Conditions
Generally, three distinct types of boundary equations occur

in the numerical scheme of the Navier-Stokes equations. These
are the conditions on a solid body, the condition across coordi-
nate cuts, and inflow/outflow conditions in the far field.

Far-field boundaries are implemented using the concept of
characteristic variables. In the present work a constant wall
temperature Tw is assumed. This, together with the no-slip condi-
tion for the solid wall surface and a linear extrapolation of
pressure from the next interior grid point fixes all five flow
variables at the solid wall. In the case of a slip wall, points at
the wall are updated through flux integration like interior points
and the wall boundary condition of zero normal velocity is
forced by recalculating the velocity components for the wall
boundary points.

The CEVCATS code allows the computation of flows with
a polar singularity in the nose region. In the case of a pointed
nose and supersonic onflow with an attached shock the polar
singularity degenerates to a point. Flow variables for this point
are updated using a conical boundary condition.

Multiblock Structure
Calculations of viscous flow for complex configurations

require a large number of grid points on grid topologies which
are determined by the geometrical properties of the solid wall
surface and the grid enclosing the far-field boundary. The CEV-
CATS code is written in a block-structured form which allows
calculations of viscous flows for complex configurations with
a nearly unrestricted number of grid points on arbitrary grid
topologies.16

Numerical Results
In this section the model geometry and flow conditions are

described first. The grid convergence and convergence of the
solution to the steady state is discussbd next. Then we will
compare the experimental data for the global force and moment
aerodynamic coefficients with the numerical results. Next the
flowfield will be described using contour plots for Mach num-
ber, pressure, and total pressure loss. Then the flow on the
surface will be analyzed by comparing the surface streamlines
with the skin friction lines on the oil flow picture. The vortex
topology related to the identified singular stream lines on the
surface is then discussed by showing representations of the
velocity vector in crossflow planes. Finally the experimental
pressure distributions for the two crossflow planes (one just
before the leading edge of the fins and the other in the fin
region) are compared with the experimental results.

Geometry and Flow Conditions
The configuration is a projectile with a pointed conical nose

followed by an afterbody with a conical flare. Due to the limited

fin span, eight fins are placed at the rear part of the afterbody
to ensure stability. The fins extend beyond the afterbody. The
surface mesh is shown in Fig. 1.

Solutions were obtained for the following flow conditions:
Moo = 3.0 and 4.25, with a ^ 8 deg and 5 deg for the inviscid
flow and Mx = 3.0, a = 0.5 deg and 8.5 deg for the viscous
flow. For the Navier-Stokes case a Reynolds number Re^ =
2.30 X 106 is used, the Prandtl number is set to Pr = 0.738,
and_a fixed solid-wall temperature is assumed, with Tw = 292
K, Too = 104.29 K. The transition laminar-turbulent is fixed at
xTr = 0.6 D. The position for the laminar-turbulent transition
is based on experimental information. The case Mx = 3, a =
8.5 deg corresponds to the onflow conditions for the available
oil flow picture.

For the computational grid a C-O topology is used as shown
in Fig. 2. The first /-plane is degenerated to the cone's nose
point. This has the advantage that the mesh is very dense in
the vicinity of the attached shock. The last /-plane is used as
an outflow boundary. The first and last fc-planes are therefore
symmetry boundaries, y = 0. The mesh was obtained with a
two-dimensional elliptic mesh generator applied successively
for planes in the axial direction.17

The generated mesh had 113 X 65 X 225 points for the
Navier-Stokes case and 77 X 41 X 225 points for the Euler
case. It was checked that the distribution of y+ for the first point
away from the wall, which is a measure of near-wall grid
resolution, was less than 1.0 over the complete surface. The
variable y+ is the dimensionless wall distance and expressed
as v+ = VpH/Tv/// IJLH, , with d being the distance to the wall and

Fig. 1 Configuration and surface mesh for Euler solution (only
each fourth mesh line shown in spanwise direction).

C-O TOPOLOGY

Fig. 2 C-O topology for computational grid.
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TW being the wall shear stress. For the flow solver these grids
are blocked with five-blocks in the axial direction for the Euler
case and 12 blocks for the Navier-Stokes case (four times in
the spanwise direction and three times in the axial direction).

Convergence to Steady State and Grid Convergence
For the Euler solutions the reduction of the residuum for the

continuum equation was used as the criteria of convergence to
the steady state. The grid averaged root mean square of dp/dt
was reduced between four and five orders of magnitude in
300 iterations.

For the Navier-Stokes solutions convergence was accelerated
using four multigrid levels.

Figure 3a shows the convergence history for the forebody.
The solution was started with the freestream condition at the
coarsest level and after convergence it was interpolated down
to the next-finest level. This procedure was repeated until the
finest level was reached. The residuum is reduced by four orders
of magnitude. The CPU time needed to execute one multi-
grid cycle for one grid point is about 100 JJLS on a single Cray
Y-MP processor. For the finned afterbody of the projectile, the
residuum was also reduced by four orders of magnitude. For
the afterbody the solution did not converge any further; the
residuum stalls at the outflow boundary.

Figure 3b shows the grid convergence for the normal-force
and pitching-moment coefficients. The difference between the
values for the two finest mesh levels is less then 1 %. In addition,

Convergence history

a)
500 1000

iterations

note that for this flow case the steady value is already obtained
after about 120 iterations.

In Fig. 4 the wall streamlines for the finned afterbody are
shown for the solutions obtained on the finest and next-coarsest
mesh. In going from the coarse to the fine mesh solution no
additional flow features appear. This indicates that further grid
refinement is not necessary.

Global Force and Moment Coefficients
The normal-force, pitching-moment, and drag coefficients

obtained from the Euler solution and Navier-Stokes solution
are compared with the experimental data for Mx = 3.0 in Fig.
5. Sref = TrD2/4 is used as a reference area. Moments are
referenced to a coordinate system placed at the base center
using D as the reference length. For the inviscid solution the
numerical values for normal force and moment show small
discrepancies with the experimental values. This small discrep-
ancy is also observed for the M«, = 4.25 results not shown here.

A more sensitive comparison between numerical and experi-
mental values is given in Fig. 5d which shows the position of
the aerodynamic center. The aerodynamic center is defined as
the moment reference point with a vanishing pitching moment
and therefore gives valuable information for the longitudinal
stability. It is given by x\ID = —Cmh/Czb. In this case when a
= 0 deg, Cmh and Czb vanish. A Taylor series for jc/, around a
= 0 deg then results in

(13)

The numerical and experimental position of the aerodynamic
center differs by less then 1 / 10th (1 /6th) caliber for Mx = 3.0
(Moo = 4.25), so that for this quantity the Euler solution provides
a sufficiently accurate value.

Surprisingly, a comparison between the Euler and Navier-
Stokes solution, for M« = 3.0, a = 8.5 deg, concerning the
normal-force and moment coefficients shows a relative discrep-
ancy which is less then 1%. However, if the surface contribu-
tions from the forebody and finned afterbody are considered
separately large relative differences are found for the normal-
force (moment) coefficient with opposite signs for the forebody
and afterbody sections (see Table 1).

As expected for this type of configuration the shear stress
has a large contribution to the drag coefficient. Therefore, the
inviscid drag amounts only to 60% of the total measured Cxa.

Grid convergence

0.240

0.220

0.200

i 1.70

b)
500

1.50

iterations
1000 1.30

Fig. 3 Convergence for the Navier-Stokes solution, M<» = 3.0, a
= 8.5 deg: a) convergence history (forebody) and b) grid conver-
gence and convergence history for normal-force and pitching
moment (forebody).

<P =180°

— 4> =135°

a) coarse mesh

b) fine mesh

Fig. 4 Grid convergence for finned afterbody, Navier-Stokes
solution, Moo = 3.0, a = 8.5 deg: to see the flow on the leeside of
the fins, the body has been rotated by 60 deg towards the windward
symmetry plane (placed at 0 deg).
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Fig. 5 Global aerodynamic coefficients: a) normal-force, b) pitching-moment, c) drag cofficient (without base drag), and d) aerodynamic
center as function of Mach number and angle of attack with position measured from the base.

Table 1 Relative difference (in %)cim/c«s for M» = 3.0,
a = 8.5 deg*

Surface section
Forebody
Tail (fins)
Total

C* A(%)
6.4

-3.1
0.5

Cmb A(%)
5.60

-16.11
0.18

C* A(%)
41.01
86.40
55.82

aWith A = 1 - cinv/cvis.

To compare with the experimental results the contribution from
the base has been subtracted from the experimental drag coeffi-
cient. As a first approximation for the base pressure the esti-
mated experimental C^e values [-0.0913 (-0.0432) for M*
= 3.0 (Mo, = 4.25) at a = 0 deg] were taken. Fig. 5b shows
a good agreement with the experimental values obtained for
the total drag Navier-Stokes results.

Flowfield
The flowfield will be described by using contour plots at

selected planes. Discussions concentrate on the flow condition
Moo = 3.0 and a = 8.5 deg since the most complete numerical
and experimental information is available for this case. Except
for the boundary layer region, the flowfield obtained by the
Euler and Navier-Stokes solution is very similar.

Figure 6a shows the isomach lines for the symmetry plane.
The attached shock at the nose, an expansion fan at the intersec-
tion of both conical sections, and a shock at the windward side
in the fin region were observed. These flow properties are
recognized as well in the Schlieren picture, shown in Fig. 6b.
The large fin number leads to a complicated flow in the rear
part. To describe the flow in the finned region the isobars for
several crossflow planes are shown in Fig. 7. Shocks arising
at the windward side of the fins leading edge move down, first
along the body and then through the leeward flow of the next
lower fin. An interaction with the leeside crossflow shocks of
the lower fin takes place. In particular, one can identify the
shock described earlier in the rear part of the symmetry plane
(Figs. 6a and 6b). A comparison of the inviscid flow solution
with the viscous one does not show significant differences for
the outer flowfield.

Surface Streamlines and Vortex Topology
The oil flow picture is compared with the numerical results

for the surface. First the solution for the forebody is considered.
Since the angle of attack is not large (8.5 deg), only a weak
crossflow separation is expected for the smooth surface of the
forebody. The oil flow picture shows a separation line on the
rear conical section of the body (see Fig. 8a). Despite the fact
that the inviscid solution shows a crossflow shock on the rear
part of the forebody surface, this does not induce a crossflow
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a)

Symmetry plane

AM = 0.05,MT O i n-2,01

b)

Fig. 6 Flowfield for Af« = 3.0, a = 8.5 deg: a) Euler solution: isomach lines for the symmetry plane, and b) Schlieren picture.

Fig. 7 Isobares for crossflow planes in finned region, Euler solu-
tion Moo = 3.0, a = 8.5 deg.

separation. In contrast, Fig. 8b shows the viscous result for the
forebody which features a separation line. The comparison
with the position of the separation line observed experimentally
shows good agreement with the numerical Navier-Stokes result.
The associated vortex is seen in Fig. 8c, which shows the
streamlines for a crossflow plane section at x/L = 0.647.

Figure 9 shows a comparison between experimental, Euler,
and Navier-Stokes results for the surface of the finned afterbody.
The uppermost fin shown in Figs. 9a-9c corresponds to the fin
lying in the symmetry plane, at the leeward side. To see the
flow on the leeside of the fins the body has been rotated by
60 deg towards the windward symmetry plane. The comparison
of the skin friction lines of the oil flow (Fig. 9a) and the
streamlines of the inviscid result (Fig. 9b) shows large differ-
ences. This is expected since the inviscid result for the flow
upstream of the fins is already different as was shown pre-
viously. The separation lines seen in the oil flow picture are
missing in the inviscid result. In contrast, the viscous result
shows a series of separation lines on the body and fins, which
can be identified as well on the oil flow picture. There are
some differences in their position, especially at the lowest fin
shown. A dark line is seen in the oil picture flow on this fin
which does not appear as separation line for the Navier-Stokes
solution. This line may be attributed to the crossflow shock on

b)

c)

Fig. 8 Forebody flow separation for M« = 3.0, ot = 8.5 deg: a)
oil flow picture, b) wall streamlines obtained with Navier-Stokes
solution (the experimental separation line is indicated with a dashed
line), and c) associated vortex at crossflow plane with x/L = 0.647.
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<l>x-1800

— <Dx = 180° b)

- <J> = 135°

Fig. 9 Comparison between experimental, Euler, and Navier-
Stokes results for the surface of the finned afterbody, M« = 3.0,
a = 8.5 deg.

>x= 90°

0=90°

Fig. 10 Wall streamlines for the finned afterbody; Navier-Stokes
solution Moo = 3.0, a = 8.5 deg: a) section with 135 deg < <1>X <
180 deg, b) section with 90 deg < Ox < 135 deg, c) section with
45 deg < <I>X < 90 deg, and d) section with 0 deg < <I>X < 45 deg,
0 deg corresponds to the windward side and 180 deg corresponds
to the leeward side.

this fin, which occurs at nearly the same position as the dark
line. In the aft region the experiment shows the streamlines
turning toward the overhanging edge of the fin as expected.
This is not observed in the numerical result. For the numerical
computations the mesh between the overhanging fins is defined
with a conical surface centerbody, as shown in Fig. 1. This
surface segment is treated as an supersonic outflow boundary.
This leads to the discrepancies between the numerical and
experimental results. Assuming freestream conditions on the
conical surface centerbody, the region of influence for this
perturbation would be restricted by Mach conoids placed on
the body at the base with the half angle 19.47 deg.

To analyze the separation phenomena and vortex topology
in the finned region, the flow is spanwise divided in the four
45 deg sections with corresponding wall surface limited by the
fins leading edge. Figure 10 shows the surface streamlines for
these sections. Only the viscous solution is discussed here. The
angle is measured from the windward symmetry plane ̂  =
0 deg to the leeward symmetry plane <&, = 180 deg. In Fig. 11
transversal streamlines are shown for crossflow planes placed as
indicated in Fig. 1 Ob, for the 90 deg < <$* < 135 deg section.
On the body the separation line coming from the forbody moves
towards the lower fin (Fig. lOb). The corresponding primary
vortex is seen in Fig. 1 la. The inlet for the lower fin also shows
flow separation with a vortex placed close to the surface. On
the fin surface (Fig. lOb) one identifies the associated separation
line, moving along the fin close to the leading edge. The two
vortices of Fig. lla are more clearly identified further down-
stream (Fig. 1 Ib). An attachment line is also identified for the
upper fin. In Fig. lie these two vortices have merged to one
vortex with the core placed over the lower fin and moving
away from the body, as seen in Figs, lid and lie. Fig. lOb
shows a third separation line on the surface which is placed
on the conical body near the intersection with the lower fin. A
secondary vortex can be identified for this region (see inlets
for Figs, lid and lie). This vortex is restricted to a small
domain close to the surface. The corresponding attachment line

is placed on the surface of the fin, close to the intersection of
the fin with the body (see Figs, lid and lie).

At the rear part of the afterbody the vortex topology for the
sections with 45 deg < 4>x < 90 deg and 135 deg < <&, < 180
deg is similar to those previous described. This is indicated by
comparing the wall streamlines shown in Fig. lOa and Fig. lOc
with Fig. lOb. For the section placed at the windward side (Fig.
lOd) a separation line moves along the body from the leading
edge of the fin placed at 45 deg towards the fin placed at the
symmetry plane. The evolution of the associated vortex results
in a vortex core finally placed in front of the surface of the 0
deg fin.

Surface Pressure Distribution
Figure 12a compares the Euler, Navier-Stokes, and experi-

mental results for the pressure distribution at x/L = 0.672 for
Mo, = 3.0 and a = 8.5 deg. Cp is plotted as a function of
the angle around the longitudinal axis, Qx, measured from the
windward symmetry plane. At this jc-position which is just
ahead of the fins, the experimental and viscous results men-
tioned earlier show a crossflow separation. In Fig. 12a one sees
that the Euler and Navier-Stokes solution agree up to an angle
of about 105 deg, then the inviscid flow result expands further
and shows a stronger crossflow shock than the viscous one.
This difference is due to the absence of the boundary layer.
The agreement with the experimental results is much better for
the viscous result.

Figure 12b shows the surface pressure distribution results at
x/L = 0.9. The large peaks seen in Fig. 12b correspond to the
fins whose surface as function of <f>x is poorly resolved. However
a plot of Cp against 4>v was chosen, since the probes were placed
on the conical section of the afterbody. Again, the discrepancies

, between experimental and numerical results are smaller for the
Navier-Stokes solution. Note that there exists recompression
on the body between 45 deg < 4>, < 90 deg and between 90
deg ^ ^ ^ 135 deg for the viscous flow solution. These
recompressions are not observed in the inviscid solution. The
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d) Plane P,

Fig. 11 Streamlines for crossflow planes with 90 deg < 4>x < 135 deg, M* = 3.0, a = 8.5 deg; planes P, through P6 as indicated in Fig. lOb.
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Fig. 12 Surface pressure distribution for Mm = 3.0, a = 8.5 deg:
a) at x/L = 0.672 and b) at x/L = 0.9.

pressure measurements for the rotated wall pressure orifices
lead to Cp values differing by an amount ranging up to 0.0095.
This value may be taken as an indication of the experimental
uncertainty.

Conclusions
The inviscid and viscous flow around a complex missile with

supersonic freestream conditions was computed and compared
with experimental results. The configuration is a projectile with
eight fins placed at the rear assembly. Freestream conditions
are Mx = 3.0, 4.25 with a < 8.5 deg. The numerical solution
is obtained using the DLR code CEVCATS which includes
several acceleration techniques especially adapted to high-
speed flows.

The comparison of the inviscid result with the experimental
data for the global normal-force and pitching-moment coeffi-
cients gives good agreement. Therefore the position of the
aerodynamic center can be predicted up to I/10th caliber for
Moo = 3.0 and up to 1 /6th caliber for Af«, = 4.25. A comparison
with the viscous result for MM = 3.0, a = 8.5 deg shows
discrepancies which are less then 1%. However, if the missile
is divided into afterbody and forebody, the coefficients corres-
ponding to these sections show much larger differences. The
total drag has a large contribution coming from the shear stress.
Without taking into account the contribution from the base, the
shear stress contribution to the total drag amounts to 40%.

The resulting flowfield shows several nonlinear features. At
a = 8.5 deg crossflow shocks and induced vortices are observed
at the leeside of the smooth forebody and at the fins.

While the outer flowfield for the inviscid and viscous solution
is very similar, the flow near to the surface shows large differ-
ences. The comparison with the experimental surface pressure
distributions at two crossflow sections shows a better agreement
with the viscous result. For the surface streamlines the viscous
result shows separation lines on the smooth surface of the
forebody and at the surface of the fins, which agree well with
the experimental oil flow picture. These lines are not obtained
for the Euler solution. The primary and secondary vortices
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associated with these separation lines are identified in the flow-
field. By changing from coarse- to fine-mesh solution there are
no additional features for the surface flow. To validate the
numerical results concerning the vortex topology and the turbu-
lence model used here more detailed experiments are required
for the flowfield in the afterbody section.

In summary it was found that the global aerodynamic coeffi-
cients are predicted by the Euler code with sufficient accuracy
(excepting the drag coefficient). The reason is that the properties
of the outer flowfield are well-described by assuming inviscid
flow. However for the flow close to the surface a Navier-Stokes
solution is required to obtain agreement with the experimen-
tal results.
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